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I. INTRODUCTION

Each GPS space vehicle (SV) broadcasts orbit
ephemerides so users can compute satellite locations
at any time of interest. The satellite locations, together
with ranging measurements obtained from the SV
signals, are used to compute user position. An error
in the knowledge of satellite position will therefore
cause a resulting error in this computation.

Differential GPS (DGPS) is a powerful means of
eliminating many error sources. Knowing the exact
location of a ground antenna, and using the broadcast
ephemerides, a geometric range can be computed to
each satellite. The difference between the computed
range and the measured range is called a DGPS
ranging correction. This correction is broadcasted
to local DGPS users to eliminate errors common to
the user and reference. However, some errors that
are common over short user-reference displacements
tend to decorrelate as the displacement increases.

For example, since the DGPS corrections are derived
from scalar ranges, satellite position error components
orthogonal to the satellite line-of-sight (LOS) direction
are not accounted for. As the user-reference distance
becomes larger, such a satellite position error will
manifest itself as a differential ranging error.

Currently, the FAA is transitioning the National
Airspace System (NAS) from ground-based to
satellite-based navigational aids. The new NAS

architecture would consist of GPS, the wide area
augmentation system (WAAS), and the local area
augmentation system (LAAS). LAAS is intended to
be the primary radio-navigation system for Category
L, 11, and HI precision approach and landing. The
Category I system is a single frequency LAAS
architecture that will be implemented first, and it is
the object of this work.

A distinguishing feature of LAAS, when compared
with other DGPS implementations, is that it uses
multiple receivers with high performance multipath
limiting antennas (MLA). The use of multiple MLA
antennas in LAAS is motivated by the stringent
requirements on navigation accuracy, integrity,
continuity, and availability. Redundancy in reference
receiver implementation and antenna spatial separation
are particularly advantageous from an integrity
perspective because they provide means for fault
detection, including the detection of orbit ephemeris
anomalies. To ensure integrity, the LAAS navigation
system must reliably detect failures and anomalies
that lead to hazardously misleading information
at the aircraft. The work presented here describes
sufficient methodologies to monitor GPS satellite orbit
ephemeris for Category I LAAS.

Two basic types of orbit ephemeris threat are
recognized, the first type being subdivided into two
separate classes.
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Type A: The broadcast ephemeris data is erroneous
following a satellite maneuver.

Type Al: The occurrence of the satellite maneuver
is known to the LAAS Ground Facility (LGF).

Type A2: The LGF is unaware of the satellite
maneuver.
Type B: The broadcast ephemeris data is erroneous,
but no satellite maneuvers are involved.

Both type A and type B events can cause
differential ranging errors. However, the ramifications
of these failure classes differ in both likelihood of
occurrence and means of detection. The likelihood
of type B failures is relatively higher than type A
because orbit ephemeris uploads and broadcast
ephemeris changeovers are frequent (nominally once
per day and once every 2 h, respectively, for each
satellite), whereas spacecraft maneuvers are rare (no
more than once or twice per year). Unannounced or
unintentional maneuvers (type A2) represent a very
small subset of all spacecraft maneuvers. They are not
considered as credible for LAAS Category I and are
therefore not covered in this paper. (Type A2 events
will be addressed in the future for Category II/IIL
applications.)

With regard to means of detection, type B failures
are easier to detect than type Al because anomalies of
the former type can be identified by comparison with
prior validated broadcast ephemerides. In contrast,
prior ephemerides are of no use in the detection of
type Al failures because of the intervening maneuver.
Ideally, the monitors to be implemented should be
able to detect both types of failures. Because the
ephemeris messages for each satellite are created and
broadcasted independently, and ephemeris anomalies
are low probability events, the likelihood of multiple
simultaneous ephemeris failures is assumed to be
negligible. Thus for the work described here, the
maximum number of satellites with ephemeris failures
at any time is assumed to be one.

LAAS specifications assign the responsibility
for detecting significant ephemeris discrepancies
to the LGF rather than to the users. However, it is
recognized that any monitor implementation, LGF
or aircraft-based, will be imperfect (i.e., smaller
ephemeris errors will be difficult to detect) and any
undetected orbit error will ultimately cause navigation
errors that are dependent on the (time-varying)
aircraft/LGF displacement. Therefore, the impact
of possible undetected orbit errors on navigation
must ultimately be assessed separately by each
individual aircraft within the LAAS service volume.
Accordingly, along with the DGPS ranging correction,
the LGF will also broadcast information regarding
the minimum ephemeris error detectable by the
ephemeris monitor. The aircraft uses this information
to compute protection levels under the hypothesis of
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an ephemeris failure. The protection level is a position
domain bound on navigation error that is consistent
with the allowable integrity risk. An alarm condition
will be triggered at the aircraft when a protection
level exceeds a fixed alert limit established in the
LAAS minimum operational performance standards
(MOPS) [1]. The capability to generate such alarms is
necessary to maintain navigation integrity. However, to
ensure that navigation continuity and availability are
not adversely affected by false alarms, it is important
to ensure that the minimum detectable ephemeris error
is small.

Prior work by Pervan and Chan [2] focused on
the use of dual frequency measurements for real-time
ephemeris anomaly detection. These results are
applicable for Category II and III implementations,
where dual frequency ground measurements may
be available, but they are not directly relevant
for Category I. Work by Pullen, et al. [3] derives
the vertical protection level under the ephemeris
failure hypothesis, and introduces basic concepts
for Category I LAAS orbit ephemeris monitoring
that are further extended in this work. These include
verification of the consistency of new and old
ephemeris messages for type B anomaly detection,
and measurement-based detection for type Al events.
The potential use of WAAS broadcast data for
ephemeris error mitigation in LAAS is not considered
in this work because LAAS functionality must exist in
environments where WAAS is unavailable.

Il PROTECTION LEVELS AND MINIMUM
DETECTABLE ERROR

The measured pseudo-range for a given satellite at
the LGF or the aircraft is

p=r+clot, —o1+1+T+v (1)
where
p  pseudo-range measurement,
r true user-satellite distance,
ot, receiver clock offset with respect to the GPS
system time,
ot satellite clock offset with respect to the GPS
system time,
I signal delay due to the ionosphere,
T  signal delay due to the troposphere,
v multipath and receiver thermal noise.
The range correction (RC) for each satellite is
obtained at the LGF by subtracting an estimate of the
range (p) from the pseudo-range:

RC = PLGF “‘ﬁ (2)

where / is obtained by computing the vector
displacement from the known LGF antenna position to
the satellite position derived from the broadcast
ephemeris.
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When the aircraft subtracts this correction from its
own pseudo-range for the same satellite (p,;,) the
effective differential ranging error (Ap) remaining will
be:

Ap = cAbt, + AT + Al + Aeph + Av. (3)

In (3), AI and AT represent the potentially differing
effects of the ionosphere and troposphere at the LGF
and aircraft. These terms are nominally very small
relative to the anomalous ephemeris effects considered
in this work and are not treated further here. The term
Aw represents the differential ranging error due to
thermal noise and multipath, which are independent
between the aircraft and reference receivers. The
relative receiver clock offset Adr, is easily estimated
in the DGPS positioning process using four or more
satellites. The term Aeph represents the portion of the
differential ranging error caused by an error in the
satellite position knowledge.

GPS satellite orbit information is transmitted by
the GPS control segment to users by modulating orbit
parameter data on the satellite ranging signals. A
simplified orbital model of 15 parameters is used to
generate satellite position, which is nominally very
accurate (~ 3 m 1 o error) [4] for a limited period of
time, and is updated every 2 h. Nominally Aeph is
extremely small for LAAS (less than a millimeter).
However, if there is an anomalous condition in the
SV ephemeris, the Aeph term may be much larger,
causing a navigation hazard.

Defining x to be the vector displacement between
the aircraft antenna and the geometric centroid of the
LGF antennas and de; as the error in the LOS unit
vector from the LGF to spacecraft i resulting from
the use of an erroneous satellite ephemeris, it is shown
in [5] that

Aeph; = del'x 4)

and that de; can be expressed to first order directly as
a function of the SV position error ér,; to yield

5r¥(I — e;el)x

Aeph, =
Pi

&)

where p; is the scalar range to the satellite /, ¢,
is the 3 x 1 LOS unit vector generated using the
broadcast ephemeris, and / is the 3 x 3 identity matrix.
This formula directly relates SV position error to
differential ranging error. It is clear that the magnitude
of the resulting ranging error scales linearly with both
the aircraft distance from the LGF and the magnitude
of the satellite position error orthogonal to the LOS.
To take into account the possibility of an error
in the computed satellite position that is undetected
by LGF monitoring, the aircraft is required to
compute vertical and lateral protection levels under
the hypothesis of an ephemeris failure (VPL, and
LPL,). The equation corresponding to the vertical case

is derived in [3] and specified in [1]:

VPLe(l) = Pz’]Svert,ini + kmd

= VPL, = max VPL, (i) 6)

where

Syerts» 18 the ith element of the third row (representing
the vertical component) of the weighted geometry
projection matrix used to generate the position
estimate;

0i(j) is the fault-free differential ranging error standard
deviation for the i or jth satellite;

kyq is a missed detection multiplier (based on the
prior probability of an ephemeris anomaly and the
LAAS navigation integrity risk requirement allocated
to ephemeris faults);

F is the ephemeris decorrelation parameter (“P-value™)
for satellite i. It is defined as the minimum detectable
error (MDE) of the LGF ephemeris monitor divided
by the antenna-SV range:

p=YE M
Py

The P-value is broadcasted by the L.GF to airborne

users for each satellite.

The relevant equation for LPLs under the
ephemeris failure hypothesis is analogous; the only
change is that the lateral components of the geometry
projection matrix S are used in place of the vertical
one.

In addition to VPL,, the aircraft also computes
a vertical protection level under the fault-free (H0)
hypothesis. [1] To ensure navigation integrity, both
protection levels, VPL,, and VPL,, are compared
with a predefined position error bound known as the
vertical alert limit (VAL). If ephemeris protection
levels exceed the HO protection levels computed by
LAAS users (VPL, > VPLy,), LAAS availability will
be reduced. From (6) and (7), it can be seen that the
key factor to keep VPL, small is to ensure that the
LGF ephemeris monitor MDE is small.

Considering the most stringent case, VAL = 10 m
at 200 ft altitude, LGF specifications [6] require that
P < 1.5 x 107* to ensure adequate system availability.
Conservatively taking the shortest possible range to
a satellite from the Earth’s surface (approximately
20,000 km), the resulting desirable MDE for the
LGF ephemeris monitor is 3000 m. The remainder of
this paper is dedicated to the direct validation of this
fault detection requirement by defining the means to
achieve it.

. SENSITIVITY ANALYSIS

Prior to deriving specific fault detection
algorithms, it is instructive to examine the general
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TABLE I
GPS Satellite Ephemeris Parameters

Parameter Definition

An mean motion difference from Keplerian
value

a semimajor axis

e eccentricity

i inclination at 7,

2, (OMEGA,) longitude of ascending node of orbit plane
att,

w argument of perigee

M, mean anomaly at 7,

te reference time for ephemeris

Iy, ADOT) rate of inclination angle

Qyor (OMEGADOT) rate of right ascension

CinCpe amplitudes of harmonic correction terms for

C,Ci. argument of latitude, orbit radius, and

CyerC,e angle of inclination

7 Earth gravitational parameter (constant)

Qg ot Earth rotation rate (constant)

sensitivity of satellite position error to variations
(i.e., potential errors) in the broadcast ephemeris
parameters. Given the time-of-ephemeris (¢,.) and
the fifteen broadcast GPS ephemeris parameters for
a given satellite defined in Table I

[Py, s P1s5] = [a, My, An,e, Qi Ly - -] (8)

we can compute the satellite position (x,,, y,, 2,,) at
any time f:

X5, (1) VACIRNR PN AW f(Ptoe1)
Yo (0 BP1se s Pisstoest) | = | 8(PotoesT)
24, (1) h(p1s- s Pissloest) h(p,toe,t)
)

where p is the 15-element parameter vector, and f, g,
and & are nonlinear functions defined by the satellite
position algorithms in GPS ICD-200C [7], which are
repeated in Table II.

Now consider sensitivity to parameter variations:

[Of (Pyloe,1) Of (p1ge,1) ]
bx,,(f) ap; apys op,
5y @ | = 98P Loes1) g (pstoes1)
Y Ip, Ips
2001 | dn(p,t,en) Bh(p.tt) | LOP1s
L 9dp opys
10
In a more compact form, we can write
or(t) = A(p,t,.,1)6p (11)

where A is the 3 x 15 sensitivity matrix which can be
computed either analytically or numerically by partial
differentiation of f, g, and 4. The last equation is then
a linearized expression directly relating parameter and
position variation. Each term in the sensitivity matrix
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TABLE II
GPS Orbit Model Formulas
Term Formula
n, (#/03)1/2
I I=loe
n n,+An
M, M, +nt,
M, E, —esin(Ey)
v tan~1({[(1 ~ €%)}/2]sin(E,)}/[cos(E,) — e])
o Yy tw
ouy, C,,sin(2¢,) + C, . cos(2¢,)
ory C,,sin(2¢,) + C, .cos(2¢,)
biy, C;,sin2¢,) + C; . cos(2¢,)
Ty all —ecos(E,)] + ér,
u, P + 6uy,
i i, + 6 + g0ty
X, 1, cos(u,)
Y, r, sin(u,)
2 Q, + Qo = Qo) = pgorloe
Xy x, cos(€) + vy, cos(i, ) sin(€,)
v X, sin(§Y,) + y; cos(i; ) cos(,)
zZ; v, sin(i,)

Note: Satellite positions in ECEF coordinates.

is a function of 15 reference broadcast parameters and
is also an explicit function of time.

In parallel, a full year of ephemerides from all
satellites was used to quantify the distribution of daily
variations for each ephemeris parameter. The standard
deviations of each of these parameter variation
distributions were computed. As discussed shortly,
daily (24 h) ephemeris variations are directly relevant
to LAAS monitors that are based on the use of prior
ephemeris data. Using the sensitivity matrix and the
standard deviations of the daily parameter variations
it is possible to determine 1 ¢ satellite position error
variations due to nominal daily variations on the
individual ephemeris parameters.

Fig. 1 shows position error sensitivity results for
an example reference ephemeris parameter set. The
f,e of this ephemeris corresponds to the center of the
x axis in the plot (12 h from an arbitrary 0 value).
The 1 o satellite position error contribution due to
the 1 o daily variation of each individual parameter
is shown in the separate traces in the figure. The
values computed and shown go from ¢t =1, —12 h,
tor=t,+12h.

The individual 1 o errors due to M, and w
variations are not directly plotted in the figure,
because daily variations in these parameters are
not independent, but rather exhibit a strong (almost
perfect) negative correlation. This correlation is due
to the fact that the GPS orbits are nearly circular,
making it difficult to explicitly distinguish between
M, and w in the orbit determination process. With
nearly circular orbits, the argument of latitude, M, + w
is more convenient to use because it is always well
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Fig. 1. Sensitivity of satellite position error to daily parameter

variations.

defined, and any issues of correlation between these
two parameters are avoided. In this regard, the traces
for M, and w shown in the figure were computed
using the corresponding sensitivity associated with the
individual parameters and the standard deviation of
daily variations in argument of latitude. The result, the
two uppermost traces in the figure, shows that satellite
position error using previously validated ephemerides
will be affected by variations in argument of latitude
more than by any other parameter.

The curves corresponding to the two least
influential parameters, C;. and C,,, appear as nearly
flat dashed lines at the bottom of the piot and never
surpass the half-meter level. This last observation is
advantageous with regard to postmaneuver monitoring
as discussed in more detail later in this paper.

IV.  DETECTION OF TYPE B ANOMALIES

As each new ephemeris is received it must be
validated prior to use. In this section, we deal only
with newly rising satellites. These satellites represent
the worst case because the last validated ephemeris
can be up to 24 h old. The results for the subsequent
ephemeris changeovers (every 2 h) on the same day
will be significantly better because nominal parameter
variations will be much smaller. [3]

For a given current ephemeris and time epoch &
(with & being the relative time with respect to #,:
k=1t—1t,) we can compute the satellite position
vector r,. We can also compute the satellite position
7., for the same time using our best prior estimate of
the current ephemeris based on previously validated
ephemerides. The difference between the two will
yield a position deviation vector ér, = r, — 7. Under
nominal conditions (no ephemeris anomalies) 67,
data may be collected over many days to generate
fault-free empirical distributions and covariance
matrices Xy, . In the results that follow, an entire

year of ephemeris data for all the satellites in the

GPS constellation is used. Position errors (6r,) and
covariance matrix (X, ) elements are expressed in
local level coordinates (intrack, crosstrack, and radial).

Because parameter variations can affect the
position errors differently with time relative to
loe- the analysis was done for different value of k:
~2h, —1h, and 0, to discretely cover the entire
time of broadcast ephemeris validity. In general, the
worst results (i.e., largest fault-free variation) were
consistently at ¢ =7, (k = 0) [8], so these are the
results mainly shown in this section.

Consider now a monitor that generates dr as
discussed above. We now define a normalized scalar
test statistic as follows:

s = brg Sy, ter. (12)
The test statistic is compared with a threshold T
to detect an anomalous ephemeris. The threshold
is defined to ensure a fault-free alarm probability
Pr(FFA) that is consistent with the system availability
and continuity requirements. Prior analysis by
Pullen [3] has shown that for rising satellites (whose
ephemeris is yet to be validated) a FFA probability
of 1.9 x 107* is sufficient for LAAS Category I.
Under normal conditions, s will be approximately
chi-square distributed with three degrees of freedom.
The corresponding formula to find the threshold is
then [9]:

/-T t(1/7«~2)/2e»1/2

Pr(FFA) = 1.9x 107* = 1“‘]0 mdr

1

=] —

21 Jo

T
t172e™12gy (13)

where v is the number of degrees of freedom, and
I' is the Gamma function. In this case, we have a
threshold T = 4.4456.

We next turn our attention to the derivation of
the monitor MDE. It is shown by Shively in [10]
that a missed detection (MD) probability of 1073
is sufficient for the ephemeris integrity monitor.
Given an ephemeris anomaly, the test statistic will
have a nearly noncentral chi-square distribution.
The minimum noncentrality parameter (\) for such
a distribution that is consistent with the required
probability of MD Pr(MD), for the monitor is given
by (14) [9]

o= (A2
Pr(MD) = 1073 = ZO e MEPE[X3 0, < T
]:
(14)
In this case, A = 7.36182.

A satellite position error ér, will be detectable with
the required MD probability if

A< brg % lor,. (15)
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Fig. 2. Threshold and noncentrality parameter.

(See Fig. 2.) The vector ér, of maximum length that
fails to satisfy this inequality defines the MDE

MDE = /g

where g is the maximum eigenvalue of £, .

It is clear that small MDE values require that
the covariance matrix ¥, (or more precisely, its
maximum eigenvalue) be small. A small covariance,
in turn, can only be achieved by using an accurate
satellite position estimator to generate 7. For the
limiting case of a newly rising satellite, the most
obvious choice is to use the last validated ephemeris
of the prior day, which is always less than 24 h
old. Projected satellite position estimates 7, can
be generated directly from the prior ephemeris
for comparison with the corresponding position r,
obtained from the current ephemeris-to-validate
(E1vy). Alternatively, the 15-element parameter vector
from the prior day can first be referenced to the 7,
corresponding to the Eq, by advancing the mean
anomaly (M,), inclination (i), and longitude of the
ascending node (£);) to the new reference time. (This
adjustment is easily executed using the rates for these
parameters, which are also available from the prior
ephemeris.) Both approaches, generally referred to
as “yesterday ephemeris minus today ephemeris”
(YE-TE) methods, provide the same position estimate
7, at any given time. The latter method, however,
being implemented via a parameter zero-order hold
(ZOH), is more useful because it can be extended to
more advanced parameter projection algorithms as
discussed below.

Some parameter combinations—in particular
argument of latitude, as noted earlier—vary
considerably from day to day. [8] Therefore, it is
advantageous to consider estimators based on two
or more prior days of data. Toward this purpose,
the behavior of ephemeris parameters with time was
investigated. As a representative example, Fig. 3
shows the broadcast semi major axis (a) values
for a particular SV over a 45-day interval. Fig. 4
shows values taken 24 h apart to filter short-period
variations.

The natural daily variations in the parameters,
unaccounted for in the ZOH, can be partially captured
using a first-order hold (FOH). The FOH estimator
uses a linear projection based on two prior days of

(16)
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Fig. 5. Parameter estimation using ZOH and FOH.

data; it is distinguished from the ZOH as illustrated in
Fig. 5.

The distribution of fault-free satellite position
error |6r,| = |r, — 7| using the two different parameter
projection methods for a one year-span of ephemeris
data (combining all satellites) is shown in Fig. 6. It is
obvious from the results that the FOH estimator yields
a much tighter distribution of fault-free error.

A second-order hold (SOH), using three prior
days of data, was also investigated and shown to give
even better results. For example, for the prediction of
M, + w, the fault-free estimate error standard deviation
was 2.65 x 107° rad for the SOH, compared with
4.33 x 107 for the FOH and 1.16 x 1073 for the
ZOH. Nevertheless, it is demonstrated here that the
FOH estimator performance is sufficient to meet
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Fig. 6. ZOH and FOH position error (ér) distributions.

the MDE target of 3000 m. For this reason, and the
fact that a SOH implementation would require an
additional prior day of ephemeris data to validate Er,
the SOH was not pursued further.

Based on the complete set of ephemerides for
all satellites for the year 2002, Fig. 7 shows the
distributions of test statistic s at f., (k = 0) for the
ZOH and FOH monitors. For this data set, the
allowable number of samples (N,) whose values are
larger than T is given by the product of the allowable
FFA probability and the total number of samples (in
this set 117,380):

N, = Pr(FFA) x Samples

=19x 107 %x 117380 =223~22. (17)

In Fig. 7 it can be observed that the number of
samples exceeding the detection threshold is bigger
than N, for both monitors (126 for the ZOH and 57
for the FOH). This is caused by the fact that the test
statistic s is not perfectly chi-square distributed. To
avoid this problem, the covariance matrices must be
inflated to reduce the number of FFAs below N,. The
adjusted test statistic is

5= 6l (CSg, ) 'or, (18)

where C is the necessary inflation factor. For the ZOH
and FOH monitors using the year-span data set, the
inflation factors are Cyny = 1.36 and Cpay = 1.19.

To verify that the chi-square distribution is
conservative for the adjusted test statistic, the
cumulative distribution function (cdf) of the test
statistic data was compared with the theoretical
chi-square cdf. This comparison is shown in Fig. 8
for the ZOH case, from which it can be observed that

2000

126 values > T

0 1520 25 30

0 5 10

Empirical CDF(full line) vs. Chi’ CDF (dashed line)
1

0. A;f’
°:° [

0.6 H

F(s)

0.5 .r
0472
0.3

0.1

0 5 10 15 20 25 30
S

Fig. 8. CDF of test statistic s.

R

Ixs
8 0.9999 T

ZOH C=1.356 k=0

0.999
820 21 22 23 24

values of §
Fig. 9. Tail overbounding of cdf for ZOH.

6000
Som sy
£ 3004 OZ0H
é 20004 B FOH
Sl mll =
0

toe-2hr

Fig. 10. MDE:s for all satellites combined.

toe-1hr toe

the lower theoretical cdf never surpasses the value
of the upper empirical cdf. The cdf “tail” regions
are expanded in Fig. 9. The FOH case was similarly
verified.

It is possible now to compute the MDE using
formula (16), by using the inflated covariance (CLy, ).
The results, for three representative times during the
Ery period of validity (beginning, middle, and end)
are shown in Fig. 10. The worst case, at 7,

500
57 values >T

% s 10 15, 20 2530

Fig. 7. Distribution of test statistic s.
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TABLE Il
Missed Detection Empirical Verification Results

Total # of Erroneous

Magnitude of
Maximum Undetected Undetected Errors

# Undetected Errors
Between MUX and

Estimation Method  Positions Generated Errors > MDE Error (MUX) > MDE 2 x MDE - MUX
ZOH 5,634,420 1,117,901 5035 m 9 14/115,718
FOH 5,634,420 3,367,151 1763 m 2 7/41,442

7000 —on MDE value borderline, the bin with values between
6000 mEOH MDE — 51 m and MDE + 51 m was considered in
5000 more detail. The total number of undetected errors
= 4000 +{H | L is listed in the last column of the table along with the
g 3000 JHU L] number of total position errors in that bin. Only 14
Z oo dll L out o.f 1.15,718 p951t10n errors were not detected.
Similar analysis was performed for the FOH.
1000 11H hnan -l In this case, the maximum undetected error being
° 123456789 H)U13}4]51718‘20‘2]22232425262728293031 1763 m’ 19 m abOVC the MDE In the bln between
_ ) MDE — 19 m and MDE + 19 m, 7 out of 41,442
Fig. 11. MDEs for individual satellites.

(k = 0) yields MDE,4y; = 4984 m and MDEpqy =
1744 m.

It is also important to understand that when the
position error data is separated by satellite, significant
variation in MDE exists for both the ZOH and FOH
implementations. Fig. 11 shows the MDE results
for individual satellites. (It is worth noting that
the satellites with the largest MDEs typically have
larger-than-average orbit eccentricity.)

Fault detection performance was also verified
experimentally by deliberately injecting anomalous
parameters in otherwise nominal ephemeris
broadcasts. For all ephemerides in the 2002 year-span
data, position coordinates (r) were generated first with
the fault-free parameters (p), and then again after
introducing (one parameter at a time) an error ép to
cause errors in the satellite position of a magnitude
similar to the derived MDE values. The relative time k
was 0 in all cases. The true position error (Ar) caused
by the deliberately introduced parameter error was
then computed:

Ar =r =gy =r(p) —r(p.p; + 6p))- (19)
An estimated position error was also computed:
AF = F =Ty = 7(P) = 7(p,p; + 6py) (20)

with p representing either the ZOH or FOH parameter
estimates, depending on which of the two estimators
was used. By introducing A7 in place of ér in (18),
and comparing the resulting value of s with the
threshold T, it is determined whether or not the failure
was detected.

Table III shows that the results of this empirical
analysis agree with the analytically derived MDE
values. For the ZOH, the largest undetected error
was 5035 m, 51 m larger than the MDE value. To get
a more complete idea of the MD probability at the
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errors were not detected. For both the ZOH and FOH
estimators, the percentage is significantly below the
1073 MD constraint.

It is clear from Figs. 10 and 11, that the FOH
is sufficient to ensure LAAS availability (MDE <
3000 m), whereas the ZOH is not (MDE > 3000 m).
The principle drawback of the FOH is that it requires
two prior days of ephemerides, in contrast to the
ZOH, which needs only one. However this is not a
significant liability because two prior days are always
available at the LGF, except after a station-keeping
maneuver. Such maneuvers happen about once per
year per satellite. In this case, on the second day
following a maneuver, the FOH implementation
cannot be used since only one prior day’s worth of
ephemeris is available. A related issue of general
concern is how to validate the broadcast ephemeris
on the day immediately following a satellite maneuver.
In this case, there is no prior (useful) ephemeris data
available. This subject is discussed in the next section.
However, it is worth noting at the outset that this
issue is also relevant to the implicit assumption in any
YE-TE implementation that prior ephemeris data is
fault free; whereas in reality, the prior days’ orbit
was only validated to be consistent with a specified
MDE.

V. DETECTION OF TYPE AT ANOMALIES

After a scheduled maneuver, the orbit parameters
change significantly, making previous ephemerides
useless for validation via YE-TE. In this event, a
potential solution is to verify the postmaneuver
broadcast ephemeris directly by the use of LGF
code and carrier phase measurements. To determine
whether or not such an approach is effective and
realizable, we assume that we have one day available
immediately following the maneuver (during which
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Fig. 12. Residual position errors for different orbit models.

corrections are not broadcasted) to verify the current
ephemeris. Once verified, this ephemeris may be

used on the following day in a YE-TE-type monitor
implementation. Such a procedure can also be used on
a daily basis to confirm the fault-free assumption on
the prior day’s ephemeris used in YE-TE.

The basic idea behind this monitor implementation
is to fit the collected LGF measurements to an orbit
model to obtain a source of satellite position that is
independent of the broadcast ephemeris. The selection
of a proper orbit model is based on a tradeoff between
model complexity and fault-free accuracy of the
model. In this regard, Fig. 12 illustrates the fault-free
satellite position error for an example satellite using
three simple orbit models: circular, Keplerian, and the
GPS orbit model. (The last one refers to the standard
15 parameter GPS ephemeris model.) In each case,
fault-free satellite position data for an entire satellite
pass was fit via least squares to the candidate models,
and the residual position errors (model-fit minus true
position) were generated.

The results show that the circular and Keplerian
models are not accurate enough for our purposes
because the residual model errors alone are much
larger than the MDE we must achieve (for the circular
model) or nearly equal to them (for the Keplerian
case). In contrast, using only one set of GPS model
parameters for the whole satellite pass gives maximum
errors smaller than 60 m. This is adequate for our
purposes. An additional GPS orbit model, eliminating
parameters C,, and C,., was also evaluated. These
parameters have a negligible impact on the satellite
position error (as shown previously in Fig. 1). The
reduced GPS model is simpler in structure and
ultimately provides better orbit estimation results
because fewer parameters need to be estimated from
the limited data that is available. As can be seen in
Fig. 12, this model is also sufficiently accurate for our
needs.

At least two measurements available within the
LGF are potentially useful for orbit estimation. These

are the stand-alone pseudo-range residual (i.e., the
broadcast pseudo-range correction) and the differential
carrier phase across the LGF reference receiver
baselines. The measurement models are described
below

The stand-alone pseudo-range residual measures
the orbit error over time (k) projected into the
satellite’s LOS direction e;:

p_ T 4
%, = € dr, + v

21

where the measurement error is distributed as v; ~

N (0,0‘%)‘ Since this is a nondifferential measurement,
the error will be highly correlated over time due to
the effect of the ionosphere. Time correlation of these
measurements must be taken into account in the orbit
estimation process.

The differential carrier residual measures orbit
errors orthogonal to the LOS and projected into a
known baseline direction. In this analysis we assume
two orthogonal baselines of equal length. For each
baseline, the measurement equation is

T
2= EdpE" 6r, + A + NA + 0]
&

(22)

where £ is the baseline length, d is the baseline
direction unit vector, E, =1 —egef, I is the 3 x 3
identity matrix, A7, is the clock offset between
receivers, N is the carrier integer cycle ambiguity,

A is the L1 carrier wavelength (19.04 cm), and U,‘f

is the measurement error due to receiver thermal
noise and multipath. In this case, the measurement
error is also time correlated, but over much shorter
time scales. Sampling over 4 min intervals effectively
whitens these measurements. The receiver clock offset
is easily removed by differencing against a nominal
satellite that has not been maneuvered and has passed
all recent monitor tests. This term is not considered
further in the analysis.

The initial state vector includes the ephemeris
parameters, and the two cycle ambiguities (one for
each baseline). Covariance analysis results have shown
that with measurement data available for a whole
satellite pass, the standard deviation of the error in
the cycle ambiguity estimates is significantly lower
than 1072 carrier wavelengths. Therefore, the cycle
ambiguities can be rounded to the nearest integer
with a negligible probability of error. In the analysis
that follows, the cycle ambiguities are assumed to
be resolved and removed from the differential carrier
phase measurement, making N = 0 in (22).

Substituting (11) into measurements (21) and
(22), we obtain measurement equations in terms of
the orbit parameter error vector (6p) rather than the
time-varying satellite position error vector (6r;):

¢
z}f = —d"E,Aép + U,‘f :>z,‘(’j = Hf5p+ v,‘f.

(23)
Pr
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Stacking measurements collected over a day (for
baselines a and b), we have

NI
£ Hf v
i o o
Zal Hal Ual
= op + =z=Hép+wv.
Z:;n Haafz U((?f’l
4] ¢ K2
% H; 1 Uy
Lz, Lag, ] Lo, ]
(24)
The measurement error is distributed as v ~
N(0,V) where
v {L"}L} 25)
- 0117 aﬁ

and o is the standard deviation of the differential
carrier phase measurement error. The size of the
identity matrix in (25) is 2n x 2n. The submatrix V*
accounts for the time correlation of pseudo-range
measurements and is defined for any element (i, j)
using an exponential model:
V,f = cri exp
In (26), At is the measurement sample interval
and 7 is the time constant of the pseudo-range
measurement error. As noted earlier, we choose At =
4 minutes so that differential carrier measurements
are decorrelated. Due to the ionosphere, however,
stand-alone pseudo-range measurements are correlated
over much longer times. In this work we use 7 = 12 h,
but covariance analysis in [8] showed that the overall
MDE results are not particularly sensitive to the
specific value used, as long at it is on the order of the
length of a typical satellite pass (i.e., much larger than
Ar). The value of differential carrier error standard
deviation is chosen in this analysis to be consistent
with LAAS integrated multipath limiting antenna
(IMLA) performance: o, = 0.3 cm. Stand-alone
pseudo-range error standard deviation is dominated
by ionospheric error and set conservatively in this
analysis at o, = 10 m.
The weighted least squares solution to (24) is
p=HV I H)IHYV !, 7
and the associated parameter estimate error covariance
matrix is
S5, = H'VH)™ (28)
Recall that the satellite position error is related to
the parameter error by (11): ér, = A,ép. The position
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Fig. 13. MDE versus time for all satellites.

error covariance at any time epoch k is then

Ss = A ZspAL (29)

which may be substituted directly into (16) to obtain
a comparable MDE for each given time relative to 7.
The MDE traces for all satellites in the constellation
are shown in Fig. 13 for a Chicago O’Hare LGF
site. For each SV, r is arbitrarily set to zero in

the figure at that given satellite’s rise time. The
magnitude of the MDE for each satellite is directly
related to the geometric diversity and length of the
pass. The worst case (upper) curves in the plot all
have short passes. In contrast, satellites that are
visible during two different time segments on the

same day {connected by straight lines in the figure)
have the lowest MDE values. Different markers
distinguish results for different baseline lengths in the
figure.

It is evident from the results in the figure that
MDEs below 3000 (our desired target) are generally
achievable for baseline lengths of 100 m. It is
also clear that the MDE is dramatically improved
as the baseline length is increased. Because the
MDE results will also be sensitive to the LGF
location, a baseline of 200 or 400 m may be
required depending on the particular LGF location.
Determining the necessary distance between the
antennas that form the baselines is very important as
the airports have physical constraints regarding their
siting.

In addition, achieving MDEs smaller than
the YE-TE MDE:s in Section 111 is desirable to
support the YE-TE monitor assumption that the
prior days’ ephemerides are fault free. In this
regard, the algorithm described in this section can
be implemented to postprocess data every day to
ensure that the YE-TE assumptions are true. A rough
quantitative measure of the impact on the total MDE
can be seen in Table IV. The approximate total MDE
was computed using relation (30) by combining the
MDE,,, from the measurement-based monitor (taking
maximum values from Fig. 13) with the MDEpqy
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TABLE IV
Total MDE Values for Different Baseline Lengths

Baseline Length MDE__ MDEg,y Total MDE
100 m 3137 m 1744 m 4767 m
200 m 1743 m 1744 m 3020 m
derived for the FOH in Section IV
~ 2 2
MDE ~ /2 x MDEZ,,, + MDE}oy.  (30)

The coefficient 2 on MDE_ .. accounts for the fact
that with the FOH monitor, two independent prior
days of ephemeris data must be validated using the
measurement-based technique. The MDEg,y term
accounts for the independent error associated with
the FOH projection of fault-free prior ephemerides.
The preliminary results in the table suggest that
for baseline lengths as short as 200 m the impact
on availability would likely be minimal (recall the
desired MDE value is 3000 m). Rigorous validation
of these results and experimental verification of the
measurement based monitor is in progress and will be
published in a future paper.

VI.  CONCLUSIONS

Algorithms to monitor broadcast ephemerides
for Category I Local Area Augmentation of GPS
are proposed. It is shown that the use of an FOH
ephemeris parameter estimator is sufficient to detect
type B orbit ephemeris anomalies with MDEs well
below 3000 m, which is sufficient to meet LAAS
specifications. A simpler ZOH approach is shown
insufficient in this regard. It is also shown by means
of covariance analysis that type Al ephemeris
anomalies can be detected through the direct use of
available (single-frequency) LAAS measurements.
The achievable MDE using this approach is a
strong function of baseline length, but it is shown
that baseline lengths between 100 and 400 m are
generally sufficient to meet the navigation system
requirements (with substantial margin at the upper
end of this baseline range). The relevance of the
measurement-based monitor to the confirmation of
type B monitor assumptions is also discussed.
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